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Effect of Propellant Temperature on Efficiency 
in the Pulsed Plasma Thruster 

Gregory G. Spanjers,* Jamie B. Malak,t Robert J. Leiweke,± and Ronald A. Spores§ 
U.S. Air Force Research Laboratory, Edwards Air Force Base, California 93524 

A pulsed plasma thrusfer (PPT) benefits from the inherent engineering simplicity and reduced tankage 
fraction gained by storing the propellant as a solid. The solid is converted to the gaseous state and 
accelerated by an electric discharge across the propellant face. Previous research has concluded that as 
little as 10 % of the consumed propellant is converted to plasma and efficiently accelerated. The remaining 
propellant is consumed in the form of late-time vaporization and particulate emission, creating minimal 
thrust. Critical to improving the PPT performance is improving the propellant utilization. The present 
work demonstrates one possible method of increasing the PPT propellant efficiency. By measuring the 
PPT thrust, propellant consumption, and propellant temperature while varying the power level, duration 
of the experimental run, and total propellant mass, a correlation is established between decreased pro- 
pellant temperature and increased propellant efficiency. The method is demonstrated by performance 
measurements at 60 W and 5 W, which show a 25% increase in thrust efficiency, while the propellant 
temperature decreases from 135 to 42°C. Larger increases in the efficiency may be realized on-orbit 
where operating temperatures are commonly subzero. The dependence of propellant consumption on 
temperature also creates systematic errors in laboratory measurements with short experimental runs, 
and orbit analyses where the PPT performance measured at one power level is linearly scaled to the 
power available on the spacecraft. 

Nomenclature 
A - cross-sectional area of propellant 
c. = specific heat, 1200 J/kg °C for Teflon® 
F = thrust, N 
f = pulse frequency, Hz 
g = gravitational constant, 9.81 m/s" 
k = thermal conductivity, 0.167 W/m °C 

for Teflon 
L = diffusion length, m 
h. = specific impulse, s 
M = total propellant consumed, kg 
A/pmp = total mass of the propellant sample 
m = propellant flow rate, kg/s 
m = propellant consumed per discharge, kg 
N = number of discharges 
n = number of experiments 
P = input power, W 
Go = heat flux at propellant face, W/m^ 
R = fit parameter 
S = sample variance 
T = temperature, °C 
t = time, s 
I = axial distance from propellant face 
V = efficiency 
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p       = density, 2152 kg/m^ for Teflon 
<P      = fit of A/, N 

I.    Introduction 
THE pulsed plasma thruster (PPT)' is an attractive propul- 

sion option for small, power-limited satellites. The PPT, 
shown schematically in Fig. I, operates at low power levels 
(<100 W) by charging an energy-storage capacitor on a long 
time scale (1 s), and then discharging on a short time scale 
(10 /iS) at high instantaneous power High reliability is 
achieved through the use of a solid Teflon propellant that elim- 
inates the engineering complexity associated with gaseous pro- 
pellants. The only moving part on the PPT is a spring that 
passively feeds the propellant. The solid propellant is con- 
verted to vapor and partially ionized by an electric discharge 
across the propellant face. Acceleration is accomplished by a 
combination of thermal and electromagnetic forces to create 
usable thrust. The inherent engineering advantages of the PPT 
design have enabled the thruster to complete several space 
missions over the past 30 years with no failures.'"' 

Two primary features that make the PPT attractive for small 
power-limited satellites are the solid propellant and the inte- 
grated capacitor The solid propellant allows significant reduc- 
tions in the thruster mass and volume by eliminating the pro- 
pellant tankage and valves. In addition, the solid propellant is 
nontoxic and not pressurized, making the PPT compatible with 
Space Shuttle Bay requirements. The capacitor enables the 
PPT power level to be changed by varying the discharge fre- 
quency. For example, a PPT optimized for a discharge energy 
of 20 J can be operated at 20 W using a 1-Hz discharge fre- 
quency, or at 0.2 W using 0.01 Hz. In this manner, the PPT 
can be operated at the very low power levels available on small 
satellites. 

The problem with the PPT is poor performance. The last 
flight-qualified design,'" for the LES 8/9 satellite, and operating 
at 20-W power supplied, to the PPT, achieved a thrust of 300 
^N, a specific impulse of 1000 s, and a thrust efficiency of 
8%. The potential for significant improvement in PPT perfor- 
mance has fueled research dedicated to understanding the basic 
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Fig. 1    Schematic diagram of the PPT. 

physics of the device. The increased understanding can then 
be used to design future PPTs that possess significantly im- 
proved performance while maintaining the inherent engineer- 
ing robustness. 

Previous PPT research'''* showed the existence of a high- 
velocity plasma (~40 km/s) and a slower neutral component 
(~3 km/s) in the discharge. An important open question that 
remained was whether a significant portion of the thrust was 
a result of neutral gasdynamic pressure.' Estimates of the total 
plasma mass from charge collector measurements indicated 
that all of the thrust could be accounted for by the fast ions. 
Continual production of neutral vapor, after the capacitor en- 
ergy dissipated, was then hypothesized to reconcile the mea- 
sured propellant consumption rate. A detailed measurement of 
the PPT exhaust components and their energy distributions is 
required to conclusively resolve this issue. Further research 
investigated electrode configurations designed to increase the 
thrust because of gasdynamic plasma expansion relative to the 
thrust generated by accelerating the plasma electromagneti- 
cally.' Recent measurements directly measured the laite-time 
vaporization of the neutral gas from the propellant face and 
confirmed the earlier hypothesis.* The high-density neutral va- 
por presumably exhausts near the sound speed associated with 
the boiling ternperature of Teflon (~300 m/s), producing min- 
imal thrust. The research also identified that paniculate emis- 
sion from the thrus'ter is a significant propellant loss mecha- 
nism, consuming as much as 40% of the propellant while 
producing negligible thrust.' 

The present research shows that influences that cause the 
PPT propellant temperature to decrease cause an accompany- 
ing decrease in the propellant consumption rate, with no de- 
crease in the thrust. Influences directly shown to affect oper- 
ating temperature and propellant consumption are firing 
duration, power level, and total propellant mass. This indicates 
that operation at the lower temperature has significantly higher 
propellant efficiency, thrust efficiency, and specific impulse. 

This finding has significant implications for laboratory PPT 
research, PPT-satellite integration, and the development of 
next-generation PPTs. If not characterized and accounted for 
in the analysis, a transient phase observed when the PPT is 
first energized will cause systematic errors in the measurement 
of the propellant consumption rate and the calculations of spe- 
cific impulse and thrust efficiency. Total propellant mass is also 
shown to affect laboratory measurements, with smaller pro- 
pellant samples achieving a higher temperature and propellant 
consumption rate. 

For satellite integration, the thermal design of the satellite 
becomes a factor in PPT performance. A thermal interface re- 
sulting in elevated PPT temperatures will require additional 
propellant to complete the mission. Conversely, a thermal de- 
sign that acts to cool the PPT will result in significant propel- 
lant mass savings. 

The most significant impact of the present work is on the 
development of next-generation PPTs. These results mark the 
first success at reducing the propellant consumption rate with- 
out decreasing the thrust. This indicates that the propellant 

savings is in the form of reduced late-time vaporization or 
particle formation, because these components of the exhaust 
contribute minimally to the total thrust. Future designs can 
achieve increased propellant efficiency, and associated in- 
creases in thrust efficiency and specific impulse by increasing 
the passive heat transfer away from the PPT propellant. 

II.    Experimental Apparatus 
The experiments are performed at the U.S. Air Force Re- 

search Laboratory in the Electric Propulsion Laboratory. Pro- 
pellant consumption and temperature measurements are per- 
formed in chamber 5, which is 1.2 m in diameter and 1.8 m 
in length. Typical base pressures of 3 X 10"' torr are achieved 
using a 1400-1/s turbomolecular pump. Thrust measurements 
are performed in chamber 2, which is 2.4 m in diameter and 
3.0 m in length. Typical base pressures of 2 X 10"' torr are 
achieved using two 17,500-1/s diffusion pumps. 

A.    Pulsed Plasma Thruster XPPT-1 
The experiments are conducted using XPPT-1 (Experimental 

Pulsed Plasma Thruster #1). The XPPT-1, shown in Fig. 2, is 
similar to the LES 8/9 PPT" electrically and geometrically; 
however, diagnostic access has been increased in the XPPT-1 
design by, removing the housing around the electrodes.*'' In 
the present work testing was performed using both 20- and 17- 
fxF capacitors. For the 20-^tF configuration the interface be- 
tween the energy storage capacitor and the stripline has been 
modified in XPPT-1 to allow for a Rogowski coil (Ion Physics 
CM-l-L) that measures the discharge current. This modifi- 
cation adds approximately 70 nH to circuit inductance. The 
20-/j,F configuration was used principally for the propellant 
consumption and temperature measurements. The 17-/xF con- 
figuration, using an original capacitor from the LES 8/9 PPT, 
was used for the thrust measurements because it has a lower 
mass than the 20-^tF configuration (4.1 vs 13.6 kg). This in- 
creases the thrust-to-weight ratio for a more accurate thrust 
measurement. 

B.    Diagnostics 

1.    Thrust Stand 

The stand is a duplicate of the torsional thrust stand devel- 
oped at NASA-LeRC.'° With XPPT-1 configured for 17 fiF 
affixed to the thruster platform,, the natural oscillation fre- 
quency is 0.14 Hz (7.3 s/period) with a decay time constant 
of 36.5 s. The oscillation damping is significantly greater than 
that reponed from the identical thrust stand at NASA-LeRC.'° 
The increase is attributable to cable connections from the lab- 
oratory power supplies to the thrust stand. Removing the ca- 
bles reduces the oscillation decay to approximately that re- 
ported in Ref. 10. Calibration is performed as described in Ref. 
10, although with a set of five weights between 5 and 15 mg. 

ipacitor 

Anode 

Fig. 2    XPPT-1 'tvith major components identified. 
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There are three main sources of measurement uncertainty in 
the thrust measurement: 1) Random measurement uncertainty 
of the thrust-stand displacement in response to the calibration 
weights, 2) random measurement uncertainty of the thrust- 
stand displacement in response to the PPT thrust, and 3) sys- 
tematic uncertainty in correlating the oscillating displacement 
signal to the true thrust. Uncertainties 1 and 2 are characterized 
by comparing several displacement measurements of the same 
applied force and calculating the standard deviation. Although 
these are recalculated for each set of thrust measurements, a 
typical test at 256 /xN has a calibration measurement uncer- 
tainty of 10.2 /xN (4.0%) and a thrust measurement uncertainty 
of 6.7 /xN (2.6%). These combine to give an overall measure- 
ment uncertainty of 12 yuN (4.7%). In the present work the 
thmst measurement uncertainty is always between 4 and 5%. 

Uncertainty 3 results from the thrust-stand displacement in 
response to the PPT firing consisting of a small-amplitude os- 
cillation around a much larger displacement (typical raw data 
can be found in Ref. 10). The small-amplitude oscillation is at 
the PPT firing frequency and has increased amplitude as the 
pulse frequency is decreased. Although the problem of corre- 
lating the observed oscillatory displacement to the applied 
thrust is analytically tractable, for this analysis the mean value 
of the small-amplitude oscillation is used for the thrust stand 
displacement. This is a systematic measurement uncertainty 
that is ignored in the present work. In the worst-case scenario, 
where the small-amplitude oscillation is treated as an indepen- 
dent random measurement uncertainty, this creates an addi- 
tional measurement uncertainty of 8.5 ^N. Using the preceding 
example, the total thrust measurement uncertainty increases to 
14.9 /iN (5.8%). 

The baseline displacement of the thrust stand will tend to 
drift over time, presumably a result of mechanical stresses on 
the experimental chamber under vacuum and thermal effects. 
The rate of drift is largest immediately after the chamber is 
evacuated and continues to decrease over time. During testing, 
the thrust-stand displacement caused by drift is typically 10% 
of the total displacement during calibration. By using a base- 
line with a slope equal to the drift rate, and by performing 
several calibrations, the measurement uncertainty is reduced to 
the value near 4% previously quoted. During thrust measure- 
ments, the baseline drift is recorded by periodically turning the 
thruster off for a few seconds. The thrust-stand displacement 
is measured from a drifting baseline drawn between these 
points. 

2.    Propellant Consumption 
Propellant consumption is measured by weighing a propel- 

lant test sample before and after an experimental run. The test 
sample cross section is 2.3 X 2.3 cm. The sample length 
(mass) used in the present experiments varied between 1 cm 
(10 gm) and 5 cm (50 gm). The sample is placed in front of 
the existing spring-fed propellant bar in the PPT. The Precisa 
Balance Model 240A is self-calibrating with internal weights 
and has a measurement uncertainty of 0.1 mg. For experi- 
mental runs of 5000 discharges at 1 Hz and 20 J, the experi- 
mental reproducibility is typically 3.3%, determined by mak- 
ing several measurements and calculating the standard 
deviation of the propellant consumption. Because the average 
propellant consumption rate is 24.9 ^(.g/discharge, the mea- 
surement uncertainty associated with the experimental repro- 
ducibility dominates over the measurement uncertainty asso- 
ciated with the precision balance for experimental runs greater 
then 140 discharges. 

It is possible for changes in the concentration of absorbed 
water vapor within the material to appear as transients in the 
propellant consumption rate. Water could be removed from the 
material during pumping in the vacuum chamber. After the 
experimental run, if the propellant was weighed before the 
water vapor had sufficient time to be reabsorbed, the measure- 
ment of total propellant consumed would be systematically 

high. Normalizing to the number of discharges during the run 
would result in the appearance of a transient propellant con- 
sumption rate that is initially higher than the steady-state rate. 
To characterize this effect a 20.6-gm propellant sample was 
placed in the vacuum chamber at 3 X 10"^ tort for 3.5 h. 
Without firing the PPT, the sample propellant mass decreased 
by 0.47 mg. For experimental runs greater than 570 discharges 
this mass is less than the 3.3% measurement uncertainty of the 
experiment. A second hygroscopic effect that can occur is that 
at elevated temperatures the propellant could lose its water 
content more efficiently. Thus, at the higher propellant tem- 
peratures observed at higher-power operation, a measured in- 
crease in the propellant consumption could be attributable to 
a decrease in the propellant water content. To characterize this 
effect, two 43-g propellant samples were tested during experi- ' 
mental runs. In one case the PPT was operated for 9600 dis- 
charges at 50 W (2.5 Hz). In the second case the PPT was 
operated at 20 W (1 Hz) for 8600 discharges. Temperature 
measurements presented in a later section show that the pro- 
pellant temperature rise is near 1I0°C in the first case, and 
50°C in the second case. Upon removal from the chamber, 
each propellant sample gained approximately 1 mg of mass in 
the first hour and then remained constant for the duration of 
the 30-h test. Thus, the accuracy of the PPT propellant mass 
measurement can be increased by waiting for 1 h after the end 
of the experiment prior to weighing the sample. This practice 
was not followed in the present work. For experimental runs 
greater than 1200 discharges this mass change is less than the 
3.3% measurement uncertainty of the experiment. 

3.    Propellant Temperature 

Propellant temperature is measured by inserting Omega K- 
Type Thermocouples (1.6 mm diameter) directly into the Tef- 
lon propellant and recording the temperature while the PPT is 
firing. The probes are inserted into four 1.6-mm-diam holes 
drilled from the back of the fuel bar face to depths 1, 6, 13, 
and 26 mm from the front face of the propellant sample. Ther- 
mal joint compound (k = 0.735 W/m °C) is injected into the 
holes. The thermocouples are inserted and held in place using 
silicone RTV adhesive sealant. The measurement uncertainty 
is ±2.2°C with a response,time of 0.26 s. An OCTA-SCAN 
Model OS-367 pyrometer scans the four probes at 2.5 s/chan- 
nel and displays the temperature with a resolution of ±\°C. 
Propellant consumption data from experimental runs with ther- 
mocouples inserted are not used because the thermal com- 
pound, RTV sealant, and the act of inserting the probes can 
greatly increase the measurement uncertainty. 

The thermocouples are used to measure the axial tempera- 
ture distribution within the propellant sample; however, they 
cannot physically be placed at the same radial location. In- 
stead, each is offset from the centerline by 3.2 mm. To char- 
acterize this approximation a fuel bar was fabricated with holes 
at equal 1-mm depths, but displaced in a straight line across 
the proJDellant face 0, 4, 7, and 10 mm from the centerline. 
With the probe array orientated parallel to the electrodes, after 
1500 discharges at 40 J, 1 Hz, all four probes measure the 
same temperature increase of 38°C. Orientated perpendicular 
to the electrodes the probes from the centerline to the propel- 
lant edge measure temperature rises of 42, 40, 40, and 44°C, 
respectively. Within the 3.2 mm offset from centeriine used in 
the axial probe array, no variation in temperature is observed 
within the accuracy of the thermocouples. Although other fac- 
tors, such as the quality of the thermal contact, exact axial 
position of the probes, and experimental reproducibility of the 
PPT performance act to increase the overall measurement un- 
certainty, the ±2.2°C accuracy of the thermocouple sensors 
appears to be the dominant source of experimental uncertainty 
in the temperature measurements. The slightly higher temper- 
ature near the electrodes may indicate that the electrodes act 
as a heat source to the propellant; however, this cannot be 
concluded within the measurement uncertainty. 
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When all four thermocouple probes are inserted, the high 
thermal conductivity of the steel thermocouple cladding {k - 
1 6 W/m °C) compared to the Teflon makes it possible for the 
probes themselves to act as axial heat-conducting paths withm 
the propellant. For probes positioned farther from the propel- 
iant face, this would cause a systematically high-temperature 
measurement error compared to what would have been mea- 
sured with a single probe. To characterize this effect a single 
probe was inserted into the propellant sample at the second 
position from the propellant face (6 mm). Two experimental 
runs of 10,000 discharges were performed at 40 J, 1 Hz and 
compared to similar data where all four thermocouples were 
installed The measured temperatures from the three experi- 
mental runs were found to agree within the ±2.2°C measure- 
ment uncertainty, indicating that the presence of the thermo- 
couples within the propellant bar is not significantly perturbing 
the heat conduction. 

III.    Theory 

A.    Thrust Efficiency and Specific Impulse 
In electric propulsion thrusters using gaseous propellants, 

the propellant flow rate, input power, and thrust are all mon- 
itored in real time. The specific impulse and thrust efficiency 
are calculated as 

F/riig, 7j = FV2mP 

For PPT testing the thrust is measured in real time, but there 
is an inherent inability to measure the propellant consumption 
during the experimental run. Instead a discharge-averaged pro- 
pellant consumption is measured, which is the total propellant 
consumed in the experimental run normalized to the number 
of discharges. The following equations are then used to cal- 
culate the specific impulse and thrust efficiency; 

/,p = F/f(M/N)g,        V = FV2f(M/N)P 

B.    Statistical Analysis of the Propellant Consumption Rate 
A regression analysis is used to fit the data from /-indepen- 

dent experimental measurements of the total propellant con- 
sumed M- to the number of discharges in the experiment W,, 
and create the least-square-fit, M = ^(N). The propellant con- 
sumption rate m (mass/discharge), is calculated as m - 
[dci>{N)/dN]. The uncertainty in the propellant consumption 
rate is calculated as 

Am = SulS^J's/n - 1 

where the sample variances in M and N are 

n 

n — 2 r^ 

The R- value of the fit, which describes what fraction of the 
variations in the measured M is attributable to variations in M 
is calculated as 

R-= 1 

^ (M, - ^(N,)' 

21 (M, - Mf 

where M is the mean value of the n data points. The uncer- 
the y intercept of the least-squares-fit is calculated as tainty in 

A)-!. —  ^M 

(Nf 
(n - l)Sl 

G.    Temperature 
The heat conduction within the propellant bar is described 

by 

k   dT 

pCp dt 

To simplify the boundary conditions three assumptions are 
made. First, heat flow is assumed to be one-dimensional con- 
ducting only in the axial direction. This neglects heat conduc- 
tion to the electrodes, an approximation supported by the mea- 
sured temperature increase toward the electrodes of only 4°C,. 
which is within the measurement uncertainty. Second, the dis- 
crete energy pulses from the PPT discharge are assumed to be 
equivalent to a steady-state heat flux on the propellant surface. 
This is justified by the low thermal diffusivity of the Teflon. 
For a 1-Hz PPT pulse frequency, the characteristic distance for 
heat conduction between pulses, which is expected to be equal 
to the wavelength of perturbations in the temperature profile 
caused by the discreet pulses, is 

L = V(kt/pCp) = 250 /im 

This perturbation wavelength is not resolvable within the 1.6- 
mm spatial resolution of the thermocouple probes. Third, the 
propellant bar is assumed to extend infinitely in the axial di- 
rection. This approximation is expectedto be valid because of 
the poor thermal conductivity of the Teflon that would prevent 
significant heat from reaching the rear interface of the propel- 
lant sample. Using these assumptions the heat equation is 
solved to give the relationship between heat flux at the surface 
and axial temperature distribution within the propellant 

Tiz) T,= 
2Qo 
kA 

kt 

TTpCi 
exp 

Akt 

Qoz 
kA 

1 - erf 
'pCpt 

Akt 

IV.    Experimental Results 

A.    Transient Effects 
These measurements characterize the dependence of the pro- 

pellant consumption and temperature on the duration of the 
experimental run. To measure the propellant consumption, the 
propellant sample is weighed and inserted into the PPT, the 
chamber is pumped down, and the specified number of dis- 
charges are performed. The chamber is returned to atmosphenc 
pressure, the propellant sample removed, and reweighed. The 
duration of the experimental run is varied in a random fashion 
to preclude a systematic error in the analysis attributable to 
the evolution of the propellant fuel face over the course of the 
entire experiment. Prior to any of the experimental runs, the 
propellant sample had been used in over 10,000 discharges so 
that a slightly concave shape had been eroded into the face. 

Fieure 3 shows the propellant consumption dependence on 
the number the PPT discharges. For Fig. 3 XPPT-1 was con- 
figured with 20 MF and discharged at 1-Hz frequency with a 
discharge energy of 20 J (20 W). For this case, the propellant 
sample was cleaned with emory paper and methanol to remove 
any darkened areas created in the previous experimental run 
without altering the concave shape eroded into the front face. 
This is the only data set presented where the propellant sample 
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Fig. 3 Propellant consumption characteristics at 20 J, 20 W: a) 
total propellant consumed as a function of the duration of the 
experimental run, b) data from a) on an expanded scale to show 
the transient behavior occurring for N < 1500, and c) data from 
a) normalized by N to give the discharge-averaged propellant con- 
sumption per discharge. 

was cleaned. The same data are plotted in Fig. 3 in a manner 
to illustrate different features. Figure 3a shows 11 measure- 
ments of M for a varied number of PPT discharges, along with 
a least-squares-fit of the data from N = 1500 to 22,000. Error 
bars are smaller than the data-point symbol unless explicitly 
shown on the graph. The steady-state propellant consumption 
rate is calculated from the slope of the least-squares-fit as 26.4 
± 0.1 ptg/discharge. Figure 3b shows the same graph ex- 
panded between A^ = 0 and 2000. In Fig. 3b it is apparent that 
the data points for experimental runs shorter than A' = 1500 
fall consistently above the least-square-fit. The propellant con- 
sumption rate during the initial 1500 discharges, which would 
be calculated from the slope of a line connecting these points, 
is significantly lower than the steady-state rate. The choice of 
including only data from N > 1500 in the regression analysis 
was not arbitrary. The analysis was performed on every group 
of data in which the lesser values were successively excluded, 
to determine which subset had the lowest value of R'. For A^ 
> 1500, the regression analysis has R^ = 0.9999, indicating an 
extremely good fit. The y intercept of the least-squares-fit is 
-5.71 ± 0.48 mg. The negative y intercept is a quantitative 
confirmation that the propellant consumption rate is systemat- 
ically lower than the steady-state rate during the initial tran- 
sient phase. 

Based on Figs. 3a and 3b, the transient effects in the pro- 
pellant consumption are negligible after A''= 1500 discharges, 
su'Jgesting that measurements of the PPT performance are 
valid after this time. However, transient effects will continue 
to cause a systematic error in the propellant consumption 
measurement. This results from the thrust being measured at 
a single time, while the propellant consumption is averaged 
over all the discharges in the experimental run. Because the 
initial 1500 discharges have significantly lower propellant con- 
sumption, the calculated propellant usage per discharge (m = 
MIN) is systematically lower than the instantaneous propellant 
consumption that created the measured thrust. This results in 
a calculated specific impulse and thrust efficiency that are sys- 
tematically high. 

The significance of this effect is illustrated in Fig. 3c, where 
the calculated propellant consumption rate {m = MIN) is plot- 
ted as a function of N. In Fig. 3c, the data values and the fit 
are the same as those in Fig. 3a; however, the masses are now 
normalized by A^. The solid horizontal line corresponds to the 
26.4 A6g/discharge steady-state propellant consumption rate. At 
A^ = 1500 the propellant consumption rate is measured to be 
22.4 /xg/discharge, whereas the instantaneous propellant con- 
sumption rate indicated by the slope in Fig. 3a is 26.4 ^igl 
discharge. This results in a systematic error in the calculated 
specific impulse and thrust efficiency of 

Am/m = A/,p//,p = ATJ/TJ = 14.2% 

At N = 5000 this systematic error decreases to a more ac- 
ceptable value of 4.4%. At N = 6800 the systematic error de- 
creases to 3.3%, which is within the measurement uncertainty 
of the propellant consumption. 

Transient effects when the PPT is operated at a higher 40 J 
(1 Hz, 40 W) discharge energy are shown in Fig. 4. The op- 
timal regression fit, shown in Fig 4a, is again found by using 
only the data points for A^ > 1500. The least-squares-fit has an 
R^ = 0.9999 and a negative y intercept of -8.13 ± 0.094 mg. 
The systematic error resulting from the initial transients is 
14.1% at A^ = 1500, decreasing to 3.5% at A' = 5000. The 
systematic error falls below the measurement uncertainty for 
N > 5300. 

Figure 5 shows propellant temperatures measured in a 45-g 
propellant sample during an experimental run performed at 20 
J, 1 Hz (20 W). The axial location measured from the propel- 
lant face is denoted for each trace on the graph. The temper- 
ature is observed to rise as the PPT is fired, beginning to ap- 
proach a steady state after 5000 discharges. Figure 6 shows 
the same data plotted as functions of the axial position at four 
times during the experimental run. Also shown in Fig. 6 is the 
temperature distribution predicted at these times from the one- 
dimensional heat equation using a heat flux at the propellant 
face of 0.21 W. Close to the propellant face (z < 13 mm) good 
agreement is observed between the measured temperatures and 
the temperatures predicted by the model. The temperature 
measurement farthest from the propellant face is consistently 
higher than that predicted from the model. This is probably an 
indication that the approximation of an infinite fuel bar is in- 
appropriate. Heat conduction across the interface between the 
propellant sample and the original Teflon PPT propellant be- 
hind the sample is greatly reduced from the heat conduction 
that would occur for a continuous piece of propellant. The 
relative agreement between the model and the experimental 
measurements indicates that only 1% of the power supplied to 
the PPT (20 W) is consumed heating the propellant (0.21 W). 

Figure 7 shows the thrust measured with XPPT-1 configured 
at 17 ;u,F for varied number of discharges. The measured thrust 
is 256 ± 12 A^N for the 20-J case and 224 ± 9 pN for the 
17-J case. In neither case is a systematic transient effect ob- 
served for A' < 1500, although there does appear to be an 
increased random measurement uncertainty. For the 20-J case 
the propellant consumption rate is 27.5 ^f-g/discharge averaged 
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Fig. 4    Propellant consumption characteristics, similar to those 
shown in Fig. 3, for a 40-J discharge energy. 
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Fig. 5 Propellant temperatures at four axial locations as a func- 
tion of the number of PPT discharges. 

over 12,000 discharges. This results in a specific impulse of 
949 ± 45 s and a thrust efficiency of 6.0 ± 0.3%. These 
performance parameters compare well with the performance 
reported for the similar LES 8/9 PPT upon which the XPPT-1 
design is based.' The absence of a transient phase in the PPT 
thrust supports the conclusion that a systematic error will occur, 
in the calculation of the PPT specific impulse and thrust effi- 

0 10 20 30 
Distance frorn Propellant Face (mm) 

Fig. 6 Axial propellant temperature distribution at three selected 
times during the experimental run. The solid lines represent the 
temperature distribution predicted from the one-dimensiona! 
equation. 

300 

z 
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100 4—r 
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Fig. 7 PPT thrust vs number of discharges for 17 and 20 J dis- 
charge energies. In both cases the PPT was operated at a 1-Hz 
discharge frequency. 

ciency because of the discharge-averaging in the measurement 
of the propellant consumption. 

B.    Total Propellant Mass Effects 

Figure 8 shows data, collected and analyzed in the same 
fashion as the data from Fig. 3, for two additional cases. In 
these cases the propellant sample was not cleaned to ensure 
that the transient effect was not associated with methanol ab- 
sorbed into the Teflon propellant. The two cases shown are for 
propellant samples of different masses: 45.3 gm (4.5 cm long) 
and 10.6 gm (1.0 cm long). The minimum R^ regression fits 
are again found by using only the data for A'' > 1500. Both 
cases have good least-square-fits: R^ = 0.9977 for the 10.6-gm 
case and R^ = 0.9996 for the 45.3-gm case. More scatter and 
a greater uncertainty in the calculation of the slope is evident 
for the 10.6-gm case, which may be a result of the relatively 
short length of the sarnple. Fig. 8b shows that the initial tran- 
sient effect of a lower propellant consumption rate is apparent 
in both cases. The y intercept in both cases is negative within 
the regression accuracy: y intercept = —10.4 ± 1.5 mg for the 
10.6-g case and y intercept = -5.0 ± 1.3 mg for the 45.3-g 
case. In Fig. 8c it is apparent that the 10.6-g case has a more 
severe transient effect. At N = 1500 the systematic error for 
the two cases are 25.6% for the 10.6-g case and 14% for the 
45.3-g case. At N = 5000 the systematic error is still unac- 
ceptably high: 7.7% for the 10.6-g case and 4.2% for the 45.3- 
g case. The 10.6-g case also requires rhore discharges before 
the measured propellant consumption rate is equal to the 
steady-state value within the 3.3% measurement uncertainty: 
N = 11,600 for the 10.6-g case and A' = 6300 for the 45.3-g 
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Fig. 9    Propellant temperature 1 mm behind the front face for 
three different propellant sample masses. 

Fi.'ure 9 shows the propellant temperatures measured 1 mm 
behind the propellant face for three different prope lant sam- 
ples of different mass (varied by changing the overall length)^ 
For these measurements the PPT was operated at 20 J, 1 Hz 
(20 W) After 5000 discharges the propellant temperature is 
observed to be higher for the lower mass propellant sarn- 
ples. -niis may be a result of the finite length of the prope lant 
sample in an effect similar to that causing the elevated tem- 
peratures at positions farther away from the propellant face in 

Fig. 6. 

C.    Power-Level Effects 
The PPT power level is varied by changing the discharge 

frequency while keeping the discharge energy fixed. Figure 10 
shows the effect on the propellant consumption rate of increas- 
ing the power level for the PPT. The PPT for these experiments 
was configured with 20-AtF capacitance, 20-J discharge energy, 
and a l6-g propellant sample. To minimize transient effects, 
each-experimental run was restricted to a duration of at least 
5000 discharges and at least 1-h duration. Thus the experi- 
mental runs at power levels of 20 W and below d Hz) were 
halted at 5000 shots and the experimental runs at 30 W (1.5 
Hz) and above were halted at 1 h. A single least-squares-fit is 
shown for the entire power range. A 31% increase m the pro- 
pellant consumption rate is observed as the power is increased 
from 5 W (0 25 Hz) to 60 W (3 Hz). Based on the regression 
fit an increase in the propellant consumption rate of 0.12 ixg/ 
discharge is expected for every watt of power increase 

Figure 11 shows the propellant temperature measured 1 mm 
behind the front face for the PPT operated at three different 
power levels. The PPT is configured with 20 ^F and dis- 
charo-ed at 20 J. Although the temperatures in the three cases 
initially rise together for the first 1500 discharges, they achieve 
sic^nificantly different steady-state temperatures. Jhe 10-W 
cafe asymptotes to a temperature near 29=C, the 20-W case 
near 52°C and the 50-W case near 1U°C. Note that the ma- 
iority of the temperature rise in all three cases occurs m an 
experimental duration shorter than that used in collecting the 
data on propellant consumption rate vs power level in Fig. lU. 
The temperamre rise with power is quite linear. Using the tem- 
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Fia 10 PPT propellant consumption rate vs PPT power level. 
?he discharge energy is held constant at 20 J while the discharge 
frequency is varied to change the power level. 
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Fio  11    Propellant temperature 1 mm behind the front face for 
a 20-J discharge energy and three PPT power levels. 
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Fig. 12    Dependence of PPT performance on power level: a) nor- 
malized thrust, b) specific impulse, and c) thrust efficiency. 

perature measured at N = 5000 in each case, a proportionality 
constant of 1.68 ± 0.02°C/W is found with an R"" - 0.9999. 

The PPT thrust, normalized to the pulse frequency, is shown 
in Fig. 12a. The normalization is done to show the effective 
thrust created per discharge for a more illustrative comparison 
with the propellant consumption per discharge. The PPT was 
configured at 17 /xF and discharged at 20 J. The power was 
varied from 5 to 60 W by increasing the pulse frequency from 
0.25 to 3 Hz. As the PPT power is increased the normalized 
thrust remains constant within the measurement uncertainty. 
As expected from Fig. 10, the propellant consumption in- 
creases significantly as the power level is increased. This re- 
sults in a specific impulse that increases 28% as the power is 
decreased from 60 to 5 W, as shown in Fig. 12b. Similarly, 
the thrust efficiency increases 25% as the power level is re- 
duced. 

V.    Discussion 
The experimental data show three factors that result in an 

increased propellant consumption rate: 1) A firing duration past 
1500 discharges, 2) a lower total mass (or length) propellant 
bar, and 3) operation at increased power. In each of these cases 
an increase in the propellant temperature is also measured. 
Although the comparison of the axial temperature distribution 
to the one-dimensional heat equation indicates that only 1% 
of the available energy is spent heating the bulk propellant, 
the cumulative effect of this heat over 1000 s of discharges is 
to cause significant increases in the propellant consumption 
rate. These same factors cause no observable change in the 
PPT thrust. The change is only observed in the propellant con- 

sumption rate and, hence, in the calculated quantities of spe- 
cific impulse and thrust efficiency. 

Significant changes in the propellant consumption rate with 
temperature, coupled with the absence of similar changes in 
the thrust, suggests that the decreased propellant temperatures 
acts to decrease the late-time vaporization.* This would result 
in a decreased propellant consumption rate, while the associ- 
ated decrease in thrust would be indistinguishable within the 
measurement uncertainty of the thrust stand. Decreases in the 
paniculate emission would also result in undetectable de- 
creases in the thrust; however, a correlation between propellant 
temperature and propellant vaporization seems the more likely 
solution.' 

Based on the early PPT research''^ describing a high-velocity 
plasma exhaust component (40 km/s) and a slow neutral ex- 
haust component (3 km/s), a partitioning of the PPT thrust 
between these two components was hypothesized.' The present 
results, coupled with the long time scale of the late-time va- 
porization shown in Ref. 8, support the claim that the late-time 
neutral vapor exhausts at the low thermal velocity expected at 

' the boiling temperature of Teflon (—300 m/s) creating negli- 
■ gible thrust. Coupled with the ion current measurements from 

Ref. 5, this strengthens the hypothesis that all of the PPT thrust 
is attributable to accelerated plasma. A diagnostic capable of 
measuring the plasma exhaust components and energy distri- 
butions, such as mass spectrometry, is needed to fully resolve 
this issue. 

The approximation, that all of the thrust is created by the 
plasma exhaust component, can be used to estimate the pro- 
pellant efficiency improvements with temperature. For opera- 
tion at 60 W, 28.6-jxg/discharge of propellant is consumed to 
create 256 ^N of thrust at an operating temperature of 135°C. 
If the average plasma velocity is assumed to be approximately 
equal to the 40 km/s reported in the previous research,^'' 6.4 
/xg of propellant is converted to plasma to create the measured 
thrust. This corresponds to a propellant mass utilization effi- 
ciency of 22%. At 5-W operation, the propellant consumption 
has reduced to 21.6 /xg as the temperature decreases to 42°C. 
The propellant mass utilization efficiency increases to 30% at 
the lower-temperature 5-W power level. 

The increased propellant consumption resulting from ele- 
vated temperatures has strong implications for both the PPT 
researcher in the lab and the satellite designer evaluating pro- 
pulsion options. For the researcher, systematic errors from the 
transient effect can be circumvented by taking sufficient pro- 
pellant consumption data to assemble plots similar to those 
shown in Fig. 3. Systematic errors caused by power level ef- 
fects are most effectively circumvented by performance testing 
at the power level to be used on-orbit. When this is impractical 
because of thrust-stand restrictions, the present data indicate 
that thrust can be measured at a different power level. Specific 
impulse and efficiency should be calculated from a propellant 
consumption rate measured, separate from the thrust measure- 
ment, at the correct power level. The most important impli- 
cation for the laboratory researcher is that thermal paths away 
from the thruster may have a significant effect on performance. 
For example, a PPT thermally insulated from the surrounding 
chamber will operate hotter than a PPT connected to a ther- 
mally conductive mount. At the same operating conditions, the 
thermally insulated PPT will have an increased propellant con- 
sumption rate and decreased specific impulse and efficiency. 
Differences between the thermal design of experimental lab- 
oratory thrusters and the eventual flight designs also becomes 
a potential source of changes in performance because of tem- 
perature effects. 

Because of the issues associated with the thermal design of 
the thruster and the thermal connection between the thruster 
and the chamber, other researchers should not use the present 
data to quantitatively determine, for example, how many dis- 
charges are required before the transient effect on propellant 
consumption becomes negligible. Instead, the effect should be 
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Fig. 13    Propellant consumption rate vs propellant temperature. 

quantified for each thruster and experimental configuration. 
The purpose of the present research from an experimentalist 
point of view is to identify which factors are important in such 

a characterization. 
For the satellite designer, the thermal issue increase is im- 

portant. If the PPT is thermally positioned such that the sat- 
ellite conducts heat to the thruster and heats the propellant, the 
PPT propellant consumption will increase. Conversely, a PPT 
thermally positioned on the satellite to minimize its tempera- 
ture can realize a reduced propellant consumption rate. The 
potential of this effect in terms of propellant savings is shown 
in Fie. 13, where the propellant consumption data from Figs. 
10 and 12 are plotted as a function of the propellant temper- 
ature. The dashed horizontal line at 28.6 /j,g represents the total 
propellant consumption measured at high power. The horizon- 
tal line at 6.4 /xg represents the 22% of the propellant that is 
estimated to be convened to plasma and accelerated to high 
exhaust velocity. A 31% increase in the propellant consump- 
tion rate is shown as the temperature increases from 42 to 
135°C. More interesting in Fig. 13 is that on-orbit spacecraft 
tend to operate in the temperature range from -50 to 0°C. 
Based on the linear extrapolation shown in the graph, the po- 
tential may exist to realize mass savings of up to 50% of the 
propellant. These propellant savings are not a trivial engineer- 
ing problem because firing the PPT may cause substantial heat- 

ing of the spacecraft. 
The dependence of the propellant consumption on propellant 

temperature may offer an avenue to control the PPT propellant 
inefficiency in future PPT designs. Designs that passively cool 
the propellant may lead to increases in performance. Even ac- 
tive cooling can be considered provided the engineering sim- 
plicity of the PPT can be retained. The analysis of the tem- 
perature distribution within the propellant bar implies that only 
1% of the PPT power is used heating the propellant. Redi- 
recting a comparably small fraction of the PPT power to ac- 
tively cool the propellant may be advantageous in terms of a 
total mass reduction of the propulsion system. 

yi.    Conclusions 

In the present work it has been shown that influences that 
act to increase the propellant temperature in the PPT will also 
act to increase the propellant consumption rate. Principle in- 
fluences demonstrated on PPT performance in the present work 
are the number of discharges in the experimental run, the total 
mass or length of the propellant bar, and the PPT power level. 

In each case an increase in propellant temperature resulted in 
an increase in the propellant consumption rate. None of these 
influences appeared to affect the PPT thrust. This indicates that 
significant improvements are attainable in the propellant effi- 
ciency by operating, interfacing, or designing the PPT to re- 
duce the propellant temperature. 

The changes in the propellant consumption rate can also lead 
to systematic errors in the calculation of the thruster specific 
impulse and thrust efficiency for short experimental runs un- 
less the trarisient behavior is characterized and accounted for 
in the analysis. Systematic errors can also occur when PPT 
performance is scaled from one power level to another, and in 
experiments using low-mass propellant samples. 

Satellite thermal designs that act to increase the PPT tem- 
perature will increase the propellant consumption rate above 
what is measured in the laboratory. Designs that act to keep 
the PPT temperature low should realize a significant savings 

in propellant mass. 
Previous research has shown that the propellant inefficiency 

in the PPT to be a severe limitation on the thrust efficiency, 
with between 80 and 90% of the total propellant expelled at 
low -velocity in the form of neutral gas and macroparticles. 
The present research is the first experimental demonstration of 
any control, albeit small, over the propellant consumption 
without adversely affecting the thrust. Scaling the present re- 
sults to temperatures that may be achieved on-orbit or with 
active propellant cooling, illustrates the potential to signifi- 
cantly improve PPT thrust efficiency. 
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